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and other materials. For example, the high pressure fuel turbopump (HPFTP) of a space shuttle main

engine (SSME) undergoes two thermal transients within the first 2 sec of operation before rising to the

steady-state value of near 870 °C (1600 °C). s The time-temperature profiles of these spikes are seen in

Fig. 1. Temperature excursions of these magnitudes are known to result in cracking of monolithic ceramic

materials, e The SSME thermal transients are also believed to contribute to the formation and/or

propagation of cracks in the currently used metallic HPFTP blades.

Carpenter 4 has shown that properly designed monolithic ceramic components have the potential to

survive the steady-state operating conditions of an advanced rocket engine turbopump. However, a major

concern with monolithic ceramics is their lack of toughness which can lead to a brittle catastrophic type

of failure. FRCMCs exhibit significantly greater fracture toughness than monolithic ceramics. This

higher toughness, which results in greater reliability, might also be expected to result in ceramic materials

which have a greater resistance to thermal shock. The development of FRCMC is, however, far less

mature than for monolithic ceramics. There is only a limited mechanical property database, and little or

no information in the literature on the thermal shock resistance of FRCMCs.

This paper provides some preliminary data on the performance of selected FRCMC coupons

subjected to thermal shock in a rocket engine test stand. The results for the FRCMCs are compared to

the performance of monolithic silicon nitride (Si3N4) and silicon carbide (SIC) ceramics. Damage due to

thermal shock was assessed by employing x-radiographic and ultrasonic techniques and tensile tests for

measurement of retained modulus and strength.

To further evaluate the applicability of FRCMCs in a rocket engine turbopump environment, two

FRCMC airfoil shaped components were subjected to multiple thermal shock cycles in the same test rig.

MATERIALS

The monolithic materials were all obtained commercially. Silicon carbide and silicon nitride were

chosen as the baseline monolithic ceramics since these materials are relatively mature and are currently



either being used or are serious contenders for use in other high temperature heat engine applications. All

of the monolithic materials were machined in rectangular configurations of approximately

3 x 12.7 x 76 ram.

The FRCMC coupon materials evaluated in this study were composites fabricated of plain woven

Nica[on + fibers in a 2-D laminated chemically vapor infiltrated (CVI) SiC matrix. Two geometries were

used for the ceramic composite coupons. One was identical to the monolithic sample geometry given

above, and one had a reduced gauge section (8.4 mm). The samples are seen in Fig. 2. Table I lists some

of the physical and mechanical properties of the composites, as provided by the manufacturer. A

representative cross-sectional microstructure of the composites is seen in Fig. 3.

The airfoil shaped composites were fabricated to simulate turbine blades for a rocket engine

turbopump and are seen in Fig. 4. One blade (marked A in Fig. 4) was fabricated of SiC

(Avco SCS-6) fibers in a hot pressed silicon nitride matrix. It was machined into the final shape and thus

had exposed fibers. The second airfoil shape (B) was fabricated of woven graphite fibers reinforcing a CVI

SiC matrix. The blade pair was cut into two single blades, and each was tested separately. There were no

exposed fibers in the blade section of these components.

PROCEDURE

The thermal shock tests were conducted by employing a stationary 1000 lb thrust

hydrogen/oxygen rocket engine mounted in a horizontal position. The details of this specific engine, its

characterization and operation are as described by Brindley and Nesbitt. 7 These authors have also shown

that the thermal shock condition produced by this NASA Lewis rocket engine test rig approximates that

currently experienced in the SSME turbopumps.

The rectangular coupon and tensile test specimens were positioned at the exit of the engine such

that an edge of the bar was directly exposed to the rocket exhaust, as indicated in Fig. 5. The chamber

+ A Si-C-O fiber manufactured by Nippon Carbon Company, Tokyo, Japan.
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pressureand correspondinggas pressureappliedto the leadingedge of the samples was approximately 100

psi.The coupons were held lightlyon each end via a forceappliednormal to the fiatsideof the sample.

This configurationresultedin the most severethermal shock being appliedto the centersectionof the

sample,with the ends remaining "cold".

The thermal shock testisconducted by I sec pulsesof the engine.A typicaltemperature-time

profileof the engine gas temperature and the approximate temperature on the hot sideof a sample,

duringone cycle,are shown in Fig.6.Alteringthe oxygen/hydrogen ratioallowscontrolof the thermal

shock temperature (AT in Fig.6) from 1000 to 2500 °C in the 1 sec test.All ofthe testsare filmedat

400 frames per second to facilitatereviewof any significanteventsduring the tests.

All of the FRCMC testbars were examined ultrasonicallyand by x-radiographictechniquesprior

and subsequent to thermal shock.Both the FRCMC rectangularcoupons and the "dog-boner testbars

were tensiletestedafterthermal shock tests.

The airfoilshaped components were testedby mounting them in a cantileveredfashionin the

exhaust.The specimens were heldsuch that 14.3mm (9/16 in.)was directlyin the exhaust. The

components were positionedsuch that the gas impinged on the concave sideof the turbineblade shape.

RESULTS AND DISCUSSION

Monolithic Ceramics

The resultsfor the monolithicceramic coupons have been reportedelsewhere8'9and are

summarized as follows.

A totalof 22 bars of 3 types of SiC (sinteredalpha SiC, hot-pressedSiC and reactionbonded SiC)

and 31 bars ofSi3N4 (slnteredalpha Si3N4,hot-pressedSI3N4 and reactionbonded Si3N4)were testedat

variousheat-up rates.The maximum AT without visibledamage achieved forany of the materialswas

1500 *C (2730 *F). Most of the samples failedduring the cool-down portionof the thermal shock cycle.

When a sample survived more than one cycie,itusuallyfailedon ignitionofa subsequent run.This

would indicatethat the criticalcrackwas probably initiatedduring the cool-down portionof the previous



cycle. The fact that the samples failed during the cool-down portion of the cycle would indicate that

failure was caused by tensile forces generated at the sample surface.

The Si3N 4 generally lasted a greater number of cycles than the SiC. For example, the average

number of cycles to failure in the thermal shock condition of AT equal to 1400 °C (2550 °F) was 3.5 fc_r

SI3N 4. This compares to 1.5 cycles for monolithic SiC. This result is consistent with predicted

performance. 6

Nicalon/Silicon Carbide Composites

The FRCMC samples were tested at thermal shock AT ranging from 1300 °C (2370 °F) to

2300 °C (4170 °F). In contrast to the monolithic materials, none of the composites failed

catastrophically -- even at the most severe test conditions! The retained ultimate tensile strength of the

FRCMC samples as a function of severity and number of thermal shock cycles is seen in Fig. 7. There

was no significant strength variation between the rectangular coupons and the "dog-bone" tensile bars

following identical thermal shock tests.

The tensile strength data shows little or no decrease in tensile strength for thermal shock AT's up

to 1700 °C. There was also no degradation detected by x-radiographic or ultrasonic analysis. This

thermal shock condition is greater than that of the current SSME turbopump, s At AT's equal to 1900 °C

the strength is seen to fall off with increasing number of thermal shock cycles. In these samples

degradation was clearly visible in the form of physical erosion of the leading edge of the samples. For

example, the cross-sectional area of the sample subjected to 25 cycles to 1900 °C was reduced by greater

than 40 percent. Despite this significant degradation, the sample still maintained 65 percent of its tensile

strength. This qualitatively demonstrates both the thermal shock resistance and notch-insensitivity of this

composite material.

For the samples subjected to AT's of 1900 °C, the decrease in ultimate tensile strength was

accompanied by reduced linear elastic strain behavior. The matrix cracking stress generally decreased

with increasing number of thermal shock cycles. This is a result of increasing quantity of matrix cracking.



However, due to scatter and the small number of samples subjected to these conditions, this was only a

qualitative observation.

FRCMC Airfoil Components

The turbine airfoil shapes also performed well in the thermal shock tests. A SiC fiber reinforced

Si3N 4 component was subjected to 10 cycles of at least 1800 *C each. No structural damage was noted

for this material, but oxidation of the fibers and matrix was observed. A graphite fiber reinforced SiC

blade was subjected to more than 60 cycles of at least 1800 °C each. No visible damage was observed

until after 20 cycles were completed. During the 20th cycle a small amount of chipping of the leading

edge material was observed. Following this, the only further damage was minor progressive erosion of the

leading edge. These qualitative results for the turbine airfoil shapes are highly significant and

demonstrate the viability of applying FRCMCs in the turbopump of advanced rocket engines.

SUMNIARY

This preliminary evaluation of the thermal shock resistance of FRCMCs in a rocket engine

environment has demonstrated their superior capabilities relative to monolithic ceramic materials.

Monolithic SiC and Si3N 4 were observed to fail catastrophically in the simulated rocket engine

turbopump environment. In contrast, FRCMC coupons showed little or no damage at similar test

conditions, and only a progression of degradation at the most severe thermal shock conditions.

The composites retained their room temperature tensile strength following up to 50 one-second

thermal shock cycles at a AT equal to 1700 °C. At a AT equal to 1900 *C, the retained strength

decreased with increasing number of cycles.

CONCLUSION

Fiber reinforced ceramic matrix composites appear to have the thermal _hock resistance necessary

for application in advanced rocket engine turbopumps. Future studies will focus on composite

architecture effects and actual or simulated turbopump tests under transient and steady-state conditions.
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TABLE I.- NICALON/SiC

COMPOSITE PHYSICAL

PROPERTIES

Nicalon fiber content

Porosity

Density

Tensile strength

Flexural strength

Tensile modulus

Fracture toughness

40 vol %

10%

2.5 g/cm 3

200 MPa

300 MPa

230 GPa

30 MPa m
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